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SUMMARY 
The design and operation of a fixed nozzle of axial symmetry for 
high-subsonic Mach numbers and for a supersonic Mach number of 1.2 was 
investigated in connection with the conversion of a large high - speed 
subsonic wind tunnel to transonic operation . The nozzle was carefully 
designed by potential - flow theory and was adjusted for boundary-layer 
development. The re sults of flow surveys in the nozzle indicated that 
the uniformity of the flow in the supersonic test section was suffi -
cient for model testing. In the subsonic test section provided in the 
region of the nozzle throat, the flow was of remarkable uniformity and 
permitted the testing of small models at Mach numbers as great a s 0 . 99 . 
Small flow irregularities) which were propagated along Mach lines, 
tended to become concentrated near the nozzle axis. Reduction of some 
waviness in the surface of the nozzle by amounts of the order of 
0.006 inch resulted in improvement of the flow, and deviations from the 
design Mach number at the nozzle axis did not then exceed 0.02 . Small 
surface irregularities of the nature of roughness, cra cks in the surfa ce 
of the plaster liner, and small discontinuities in slope produced no 
noticeable effect on the flow and were presumed masked by the thick 
boundary layer. 
Humidity effects were controlled by heating of the flow mixture. 
No condensation shocks could be dete cted even with considerable cooling . 
The slow formation of fog, which occurred with supercooling) produced 
a distributed effect on the Mach number distribution. 
The power reqUired for supersonic operation was in substantial 
agreement with the smallest of several estimates obtained from 
previously published information . 
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INTRODUCTION 
Because of the special problems encountered in flight near sonic 
speeds, an urgent need exists for additional aerodynamic testing 
facilities for use at Mach numbers near unity . As a means of providing 
the needed facilities , large subsonic wind tunnels already operating at 
Mach numbers slightly less than unity may be provided with supersonic 
nozzles to permit testing at Mach numbers slightly greater than unity . 
The conversion of the Langley 8 - foot high- speed tunnel to transonic 
operation has been considered and one phase of the problem has been the 
design and operation of a fixed nozzle of axial symmetry to permit 
testing at high-subsonic Mach numbers and at a supersonic Mach number 
of 1 . 2 . The tunnel is of the single - return, closed-throat type, of 
circular cross section throughout, and the low- speed part of the return 
passage is open to atmospheric pressure. Installation of the nozzle as 
a plaster liner in the throat region of the tunnel was undertaken late 
in 1947 and the greater portion of the flow surveys reported herein 
were obtained during the early part of 1948 . This paper , which should 
be of interest to those concerned with transonic wind tunnels, covers 
the design and operating characteristics of the no zzle . 
NOZZLE DESIGN 
Preliminary Considerations 
The design of the nozzle was decisively influenced by the original 
tunnel geometry and by the power available. Experimental data from 
preliminary surveys with various flow- expansion liners in the throat 
of the tunnel indicated that the power required at Mach numbers as 
great as 1 . 3 should not exceed the 16,000 horsepower available . In 
order to assure adequate operating power under all test conditions, the 
nozzle was therefore conservatively chosen to produce a Mach number 
of 1.2 . 
A circular nozzle was selected rather than the simpler two-
dimensional rectangular nozzle mainly because its installation involved 
less modification to the existing tunnel, but several other advantages 
result from the circular cross section . The boundary- layer displacement 
thickness , knowledge of which is required in the nozzle design, is more 
reliably estimated for the circular nozzle, because the boundary layer 
is in general uniformly distributed over the surface , whereas for the 
rectangular nozzle the boundary l ayer tends to thicken more rapidly in 
the corners. Moreover, because of this boundary -layer behavior and 
also because of the lesser perimeter, with given cross section, the 
circular nozzle is expected to reqUire less power than a rectangular 
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nozzle with the same mass flow. The circular section may also be 
advantageous in facilitating the testing of propellers and bodies of 
revolution. 
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Several known disadvantages are associated with the circular cross 
section. Perhaps the most serious of these is the tendency of dis-
turbances arising from inaccuracies in design or from axisymmetrical 
irregularities at the wall to become concentrated near the center of 
the nozzle . Because of this tendency, special care is required to 
assure accuracy of design and installation. It is believed essential, 
for instance, to allow for variations in displacement thickness of the 
boundary layer . The circular cross section is also disadvantageous with 
respect to changing from one supersonic Mach number to another (by 
means of removable or adjustable nozzle blocks) and with respect to 
providing windows for the use of flow-visualization equipment. 
The shape of the plaster liner was largely dictated by the original 
tunnel lines . (Se e fig. 1 . ) A long, slowly converging entrance liner 
was required in order to produce a steady uniform flow at the throat 
(Mach number 1 .0), since such a uniform flow was to be assumed in the 
theoretical nozzle design . Inasmuch as neither the required precision 
of this flow nor the precision attainable with a given geometrical 
arrangement was known, the entrance liner was made as long and as 
slowly convergent as the original tunnel shape in combination with 
other reqUirements, such as necessary length of supersonic portion and 
required thickness of plaster, would allow. The length of the divergent 
portion of the nozzle was chosen as 90 inches, which is about 1 . 5 times 
the minimum possible length for a nozzle producing a Mach number of 1 . 2. 
This choice of length was believed to be conservative with respect to 
the production of a satisfactorily uniform flow in the test region. 
The thickness of the liner, which affects its fairing into the original 
tunnel walls at its upstream and downstream ends, was dictated by the 
requirement of at least 3/4 inch of plaster to permit proper anchoring 
to the original steel wall. In meeting these various reqUirements, the 
liner extended 140 inches upstream and faired into the original tunnel 
125 inches downstream from the throat. Space limitations restricted 
the test section length to only about one-half the tunnel diameter 
unless sufficient power were available to draw the shock into the 
diffuser . Lack of space would in any case have prevented the installa-
tion of a second throat, but with Mach numbers not much greater than 1 .2 
the efficiency of diffusion through the normal shock is believed to be 
little if any less than that in a diffuser operating between the same 
two Mach numbers . The requirement of a long, slowly converging 
entrance liner lends itself to the production of a short subsonic test 
section near the throat, and such a test section was provided. (See 
fig. 1 . ) A narrow window in the nozzle wall extending from upstream 
of the throat to downstream of the supersonic test section was provided 
for visual observation of flow phenomena . 
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Potential -Flow Design 
Divergent portion of nozzle .- The steady supersonic potential flow 
in the axially symmetric divergent portion of the nozzle was calculated 
by the method of characteristics . (See reference 1 . ) For the applica-
tion of this method) a Mach number distribution along the axial center 
line was arbitrarily selected . (See fig . 2.) The Mach number increased 
from 1 . 0 at the throat to 1 . 2 at point A 60 inches downstream of the 
throat . The calculation then proceeded from the assumed values of Mach 
number along the center line and from the constant value 1 . 2 along the 
characteristic through A) marking the upstream boundary of the uniform-
flow region . 
The axial Mach number distribution was chosen with zero axial Mach 
number gradient at the throat in order to be consistent with the assump-
tion of uniform flow at that point . The a ccuracy of the step-by-step 
flow calculations decreased near the throat and the Mach number 
intervals between points of the Mach net were reduced. The fact that 
the chosen Mach number gradients were small in the region near the 
throat was considered favorable to the accuracy of the calculation. 
The characteristic network for the flow in the divergent portion 
of the nozzle is shown in figure 3. The numerical calculations were 
started at point A and were extended step by step into the remainder 
of the field. Note that the nozzle boundary was not immediately defined 
but that the network was extended beyond the probable position of the 
walls . This method of calculating from the center outward and from 
larger to smaller values of the Mach number is believed to be more 
accurate than the opposite method of calculation . In particular) 
attempts to calculate from a given wall shape to the flow near the 
center led to difficulties due to magnification of the inaccuracies 
inherent in a step-by- step computing process. 
Once the flow field had been calculated) the Mach numbers and the 
flow angles throughout the field were known. From the flow angles the 
streamlines cQuld be obtained by a method suggested by Mr. Morton Cooper 
of the Compressibility Division of the Langley Aeronautical Laboratory . 
The streamline forming the effective boundary of the nozzle was assumed 
to pass through the throat at a radius equal to the geometrical radius 
of the tunnel decreased by the estimated displacement thickness 
(about 0.25 in.) of the boundary layer. The increment in radius of this 
streamline at dOvmstream stations was obtained by integrating the 
tangent of the flow angle (or the flow angle itself since it did not 
exceed 0.0175 radian) along a line CD (fig . 3) parallel to the axis OA. 
Special care is required to assure the accuracy of the integration. 
The angles used in this integration should strictly have been those 
lying along the streamline itself . A second approximation to the true 
streamline was therefore obtained by taking the line integral with 
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respect to distance parallel to OA of the flow angles along the approxi -
mate streamline CE obtained by the first integration . This process is 
rapidly convergent and a third approximation CB yielded no further 
change in radii . The flow angles used in these integrations were care -
fully determined by interpolation from the points of the Mach net . The 
effective radii (that is , without adjustment for boundary- layer dis-
placement) determined for the divergent portion of the nozzle and for 
the supersonic test section are given in table I . 
One -dimensional theory was used to check the over -all expansion of 
the effective cross - sectional area of the nozzle from the minimum 
section OC (fig . 3) where the flow is one - dimensional to the supersonic 
test section where the flow is aga in one -dimensional. The over -all 
in~rease in nozzle radius yielded by the one -dimensional theory differed 
from that obtained by the characteristic method by less than 0.001 inch. 
Convergent portion of nozzle .- The convergent portion of the nozzle 
was designed to meet the requirement of increasingly gradual convergence 
toward the throat, where the Mach number unity is reached, and to 
produce a short subsonic test section in the vicinity of the throat . 
With increase in Mach number toward unity, the flow becomes increasingly 
sensitive both to changes in cross section of the stream tube and to the 
curvature of the surface. The entrance liner was therefore designed 
with the curvature in the direction of flow decreas ing to zero at the 
throat . 
The sensitivity of the flow is such that considerable care was 
reqUired to assure that sonic speed would actually be attained at the 
assumed throat. Adjustment to allow for development of the boundary 
layer was therefore required . With uniform flow (zero pressure gradient ) 
the slope of the boundary layer was estimated at 0.0018 . If, however, 
the velocity is increasing through the throat, the boundary-layer 
thickness will increase less rapidly . In fact, it seems quite possible 
that at Mach number unity on the supersoni c side a zero- gradient flow 
would be unstable . Any accidental thinning of the boundary layer would 
then produce an increment in Mach number, and the accompanying pressure 
gradient would produce the boundary-layer thinning required to maintain 
the Mach number gradient. Moreover, this effect might be progressive 
so that the effective throat would move upstream. In order to insure 
stability of the effective throat position the slope of the entrance 
liner at the throat was taken as 0.0015 instead of the value 0.0018 
estimated from the boundary-layer growth. 
A mathematical expression which meets the requirements as to slope, 
curvature, and slowness of convergence and also connects reasonably 
smoothly with the original tunnel lines gives the geometric radius in 
inches as 
- - - - - ~ --- ------ ---- --
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where 46 .25 is the geometric radius at the effective mlnlffium section 
in inches (fig . 1) and x is the distance in inches upstream of the 
effective minimum section . This expression was used for calculating 
the radii given in table II . The geometric minimum occurs 30 inches 
upstream of the effective minimum section . 
Boundary-Layer Compensation 
The necessity for taking account of the boundary- layer development 
has already been pointed out in connection with the design of the 
entrance liner . With supersonic Mach numbers as low as that for which 
this nozzle is des igned it is also imperative to a llow for the boundary-
layer development in the divergent part of the nozzle . 
In the absence of experimental data on the behavior of the turbu -
lent boundary layer in transonic flow, certain reasonable assumptions 
were made . The boundary-layer behavior was assumed to be essentially 
the same , ex cept for direct effects of density changes, as for incom-
pressible flow; and, just a s with incompressible flow, the flow outside 
the boundary layer was assumed to behave as if the streamlines near the 
boundary were displaced away from the wall by an amount equal to the 
displacement thickness of the boundary layer . 
The calculation of displacement -thickness distributions is made 
through use of the boundary-layer momentum equation . Through this 
equat i on the influence of the outside flow upon the development of the 
boundary layer is determined . Approximate formulas for the computation 
of turbulent -boundary-layer momentum thicknesses in compre ssible flows 
are given in reference 2 . The calculations require a knowledge of the 
Mach and Reynolds number distributions along the tunnel, the initial 
boundary-layer condition, and the variation of an important boundary-
layer parameter Hc , the r atio of the displacement thickness to the 
momentum thickness . The displacement thickness is obtained from the 
momentum thickness by multiplication with Hc' The variation of Hc 
was determined experimentally · from data obtained in the Langley 8- foot 
high- speed tunne l during a preliminary nozzle inve stigation in whi ch 
r ough wooden nozzles were tested in the tunnel . For the conditions 
existing in the 8 -foot tunnel , Hc was found to vary mainly with Mach 
number and to follow approximately the variation suggested in refe r -
ence 2 . A more extended discu ssion of this variation is given in refer -
ence 3. 
The nozzle design was facilitated by taking boundary- layer measure-
ments along the wall of the original tunnel . A preliminary che ck of the 
I 
_J 
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applicability of the calculation methods of reference 2 to the predic-
tion of the boundary-layer development axially along the wall of the 
8 -foot tunnel was made by calculating the displacement-thickness growth 
in a subsonic liner operating at a test - section Mach number of 0.85 and 
comparing the calculated values with measured values of the boundary-
layer displacement thickness at the tunnel wall (fig. 4). In this 
preliminary calculation the variation of Hc with Mach number was 
neglected and a constant value of 1 .28 was used . This procedure 
involved only small error since the variation of Hc with Mach number 
up to a Mach number of 0 .85 was not very great . The agreement between 
theory and experiment (fig. 4) was considered satisfactory. 
The calculation of the distribution of boundary-layer displacement 
thickness for use in the nozzle design proceeded from a measured value 
far upstream in the contraction cone. (See fig. 4.) In the upstream 
portion of the nozzle, the Mach number distribution needed in the calcu-
lation was determined from the cross-sectional area at each point in 
connection with the assumption of uniform axial (one-dimensional) flow 
at each section and Mach number unity at the throat. For such a slowly 
converging entrance, the assumption of one -dimensional flow involves 
negligible error. In estimating the Mach numbers in the sensitive 
region near the throat, the previously estimated slope of the displace-
ment thickness was taken into account . In the divergent portion of the 
nozzle , the Mach number distribution at the wall was taken from the 
potential - flow design. The calculated Mach number distribution is shown 
in figure 5 . The variation with Mach number of the ratio Hc was taken 
from the results of the preliminary investigations. 
The calculated course of the displacement thickness is shown in 
figure 6. Note that a decrease in thickness is predicted in the region 
of rapid acceleration just downstream from the throat . The experimental 
data presented in figure 6 are discussed in a subsequent section in 
connection with the re sults of flow surveys in the nozzle. The geometric 
radius at any section of the divergent part of the nozzle is obtained by 
adding the boundary-layer displacement thickness at that section to the 
radius determined i n the portential - flow design . The geometric radii so 
obtained are presented in table I . 
NOZZLE INSTALLATION 
Installation of the nozzle as a plaster liner inside the original 
walls of the tunnel involved the use of special construction materials 
and methods. A high-strength, quick-setting plaster, Hydrocal B-ll, was 
selected for the construction material after practical tests indicated 
that it was satisfactory for the purpose of the temporary installation . 
The plaster was very hard and resistant to chipping and on setting 
increased only slightly in volume . 
------_.----
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The method used for installing the plaster liner consisted 
essentially of fastening metal lath to the s teel walls of the tunnel 
(by welding) in the region selected for the liner installation and 
applying plaster coats to bui ld up the liner to the proper geometric 
dimensions . (See t ables I and II.) All leaks in the tunnel wall in 
the region designated f or the liner installation were stopped (by 
weldi ng ) before the plaster was applied. The f i nal plaster coat was 
shaped to the de s ired axi al profile by means of a template rig which 
was des i gned to ride on metal rings fastened securely to the tunnel 
wall at stations 2 feet apart axially along the nozzle length. The 
r e ference rings were ground a s nearly as poss i ble to true circular 
shape by means of a grinding attachment rotating off a rigid tube 
al i ned along the tunnel axis of symmetry. The average radii of the 
various reference rings were determined very accurately, using the 
central tube as a reference, and no deviations of more than 0.004 inch 
from true circular shape were obtained. This technique of building up 
the plaster liner left at the ring locations narrow unfilled channels 
which required filling and sanding after the rest of the nozzle was 
i nstalled. Filling was also required at the edges of a long narrow 
window installed in the top of the tunnel for observation of flow 
phenomena . 
A detail view showing stages of the plaster-appli cation technique 
i s given in figure 7. In the foreground of this view, metal lath is 
shown attached to the tunnel wall; in the center of the view, a basic 
coat of plaster i s shown applied to the metal lath; and in the back-
ground, a strip of the final smooth plaster coat is visible. In 
figure 8, the template rig used for shaping the final plaster coat to 
the desired profile between adjoining reference rings is shown resting 
on the tunnel floor. A phptograph of the completed nozzle, as viewed 
from downstream, is given as figure 9 . 
The accuracy of the installation was of importance primarily in 
t he throat and divergent portion of the nozzle. Physical measurement 
of the over -all accuracy of the nozzle installation was not feasible 
because of the large amount of time and careful work required for such 
an undertaking. The axial profi le of the nozzle wall was carefully 
checked, however, by means of templates of the design geometric shape 
extending from 24 inches upstream of the effective minimum to 96 inches 
downstream of the effective minimum section. These checks of the axial 
profile by means of templates were made at 2-inch intervals around the 
entire circumference of the nozzle, and maximum devi ations of the actual 
wall shape from the design shape did not exceed about 0.011 inch. These 
maximum deviations in the original installation were subsequently 
reduced (by sanding and filling) to deviations of the order of 0 .005 inch. 
The finished wall surface, although glazed in appearance and smooth to 
the touch (except for slight discontinuitie s in slope at some reference-
ring locations) was not so fine as that commonly u sed for small 
- I 
I 
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supersonic nozzles. Relative to the tunnel size, however, the surface 
was very smooth . 
SURVEYS OF NOZZLE FLOW 
Apparatus and Measurements 
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The arrangement shown in figure 10 was used for the measurement of 
static pressures at the wall and near the axial center line of the 
nozzle . The static -pressure orifices in the surfaces of both the wall 
and the 2-inch -diameter cylindrical axial-survey tube were of 0.031-inch 
diameter and were installed normal to the surface . Wall orifices were 
located axially 2 inches apart in the throat and supersonic-flow region 
and 6 inches apart in other regions of the nozzle . Those in the 
cylindrical tube were located 2 inches apart in the throat and super-
sonic test section and 6 inches apart elsewhere. Wall orifices were 
installed 900 apart around the c i rcumference of the channel at several 
axial stations to permit checks for symmetry of the flow . Wall and 
cylindrical - tube surfaces near static-pressure orifices were kept free 
of irregularities. Local static -pressure measurements by means of 
orifices in the cylindrical -tube and nozzle -wall surfaces were assumed 
to be equal to those outside the boundary layer except in the region of 
shock where pressure changes would occur over an axial distance greater 
at the surface than outside the boundary layer . 
Total-pressure measurements in the subsonic flow upstream of the 
nozzle throat were obtained by means of a total-pressure tube in the 
ellipsoidal nose at the upstream end of the cylindrical tube. (See 
fig. 10.) The total pressures were assumed to be correct as measured 
and to apply downstream of the station of measurement as long as the 
flow remained essentially shock free . 
The cylindrical tube was positioned along the axial center line of 
the nozzle so that the upstream end of the tube was located sufficiently 
far upstream of the throat to introduce no appreciable disturbances in 
the flow near the effective minimum section . The tube was maintained 
in position by a rigid support system located in the tunnel diffuser 
(fig. 10) and by sweptback stay wires running from the wall of the con-
traction cone to the nose of the tube. The tube was capable of axial 
adjustment to permit static -pressure measurements at intervals a s close 
as desired. 
Cones (of 30 included angle) equipped with static -pressure orifices 
and total -pressure tubes were used for more detailed surveys of the flow 
in the supersonic test section than could be obtained by use of the 
cylindrical tube . Static -pressure orifices we r e of O.OlO - inch diameter 
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and were installed normal to the surface at 2 - inch intervals along the 
length of the cone. Orifices were also installed at angular loca-
tions 900 apart in the cone surfaces to permit approximate checks for 
symmetry and inclination of the flow. Total-pressure tubes of 
O.OlO-inch inside di ameter were installed in cone tips which were 
interchangeable with sharp tips normally used with the cones . The cones 
were capable of axial adjustment to permit measurements at axial 
intervals as close as desired . Static pressures measured by means of 
the cones required correction for induced velocity at the surfaces of 
the cones; but this correction was very small) corresponding to a 
theoretically estimated Mach number increment of the order of 0.001 and 
was near the accuracy of the pressure measurements. A large cone 
66 inches long (fig . 11) was designed for flow surveys very near the 
axial center line of the supersonic test section) and an arrangement of 
two small cones located 1800 apart angularly (fig. 12) was used for 
surveys at distances of 3 ) [) and 13 inches off the center line. 
Satisfactory precision in pressure measurements was more difficult 
to attain by means of orifices in cones than by means of orifices in 
the cylindrical tube) because the thinner boundary layer on the cones 
rendered the cone surface conditions more critical . The thin boundary 
layers on the cones were considered advantageous) however) for pressure 
measurements in the vicinity of shocks. 
Pressures were measured with multiple-tube manometers containing 
tetrabromoethane. These manometers were photographed simultaneously. 
The random error in the pressure measurements was estimated to be no 
greater than 3 pounds per square foot) which is equivalent to an error 
of less than 0 . 0033 in the flow Mach number throughout a Mach number 
range extending from 0 .4 to 1. 3 . 
A shadow system was provided to supplement the pressure apparatus 
in examination of the supersonic flow for the presence of s~rong dis-
turbances . The equipment used for producing shadow images due to 
changes in density gradients in the supersonic flow consisted of an 
intense point-source light and a condensing lens whi ch were used to 
project a beam of approximately parallel light rays across the nozzle 
diameter. The shadow equipment was made portable for greater versatility 
in examination of flow disturbances. Disturbance images were observed 
on the nozzle wall opposite the observation window. The sensitivity of 
the sy stem was sufficient to permit the observation of normal shocks at 
Mach numbers as low as 1 . 06. 
The stagnation temperature of the flow mixture in the tunnel was 
measured by means of electrical-resistance thermometers located at 
several points between the tunnel wall and center line in the low-speed 
region upstream of the entrance cone. The static temperature) equivalent 
- -----' 
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to the stagnation temperature in the low-speed region, was assumed to 
decrease ~sentropically with flow expansion . 
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Apparatus used for measurement of pressures and temperature in the 
bound.ary layer adjacent to the nozzle wall and methods used for reduc-
tion of the measurements are described in reference 3. 
The measurements reported in this paper were, with the exception 
of those made during several runs in which condensation effects were 
deliberately introduced, obtained with sufficiently high tunnel tempera-
tures to preclude the existence of significant condensation effects in 
the flow. For typical tunnel -operation temperatures, the Reynolds 
numbers attained in the Mach number 1.2 test section were approxi-
mately 3.8 X 106 per foot. Mach numbers were obtained from the ratio 
of static to total pressures. 
Results and Discussion 
Mach number distributions .- Mach number distributions obtained 
from pressure measurements at the wall and at the surface of the 
cylindrical tube along the center line of the nozzle for both subsonic 
and supersonic operation are presented in figures 13 and 14. These 
results indicated that with subsonic operation the flow in the throat 
region of the nozzle was very uniform and suitable for subsonic testing 
purposes. An essentially zero - gradient region existed in the flow over 
a considerable length in the vicinity of the throat for Mach numbers 
up to 0.97, but above 0.97 as the Mach number approached unity the 
gradients in the downstream portion of this region gradually increased. 
(See fig. 13 . ) The flow in the upstream portion of this subsonic test 
section was uniform up to Mach numbers as high as 0.99; and at this 
Mach number a model 8 inches long and l~ inches in diameter was success-
fully tested with negligible interference from the tunnel walls. The 
length of the uniform test region was such at any Mach number that with 
fineness ratios about 6 the size of the model that could be tested was 
limited by choking rather than by the length of the test section. 
With supersonic operation the experimental Mach number distribution 
is seen to be in excellent agreement with the design distribution 
(figs. 13 and 14). The fact that the experimental position of the 
throat (Mach number unity) is within an inch of the design position is 
regarded as particularly significant. A comparison of the actual 
distribution obtained in the contraction cone or convergent portion 
of the nozzle with one-dimensional theory, which includes calculated 
boundary-layer-displacement effects, is presented in figure 15. Near 
the throat region of the nozzle the agreement between the theoretical 
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Mach number distribution and that measured along the contraction- cone 
center line and wall was especially good . This agreement indicates 
that the flow attained near the minimum section was practically one -
dimensional and free of appreciable induced velocities . The agreement 
became increasingly poor with distance upstream of the throat region 
largely because of induced velocities brought about by increasingly 
rapid changes of the contraction- cone radii . The generally favorable 
agreement between theory and experiment in the contraction cone appeared 
to validate the use of one - dimensional flow relations in the design of 
gradually converging channels for subsonic flow . 
In order to obtain a more accurate indication of the character of 
the flow ) pressure mea surements were taken at ~-inch axial increments 
near the center line of the d i vergent part of the nozzle. The corre -
sponding Mach number distr i bution is presented in figure 16 . These 
measurements were obtained by moving the cylindrical survey tube 
(fig . 10) axially at ~- inch increments between runs for eight successive 
runs . The flow near the axis in the divergent portion of the nozzle and 
in the supersonic test section is seen to be free of large di"sturbances . 
The maximum flow disturbances in the supersonic test section were 
equivalent to deviations of 0 .02 from the design Mach number of 1 . 2 . 
The Mach number variation with distance off the center line) and 
particularly the tendency of the flow disturbances to become concen -
trated at the center) wa s investigated by means of the survey cones 
(figs. 11 and 12 ) . The larger cone (fig . 11) could be moved parallel to 
the nozzle axis to place pressure orifices from 0 . 1 inch to 1.5 inches 
off the axis at any station . Mach numbers obtained with this cone in 
two positions are compared in figure 17 with those obtained from the 
cylindrical tube (orifices 1 in . off center line) . The comparison is 
affected by the lack of precision of the cone measurements and by a 
change) with time between tests ) in the disturbance at the 77-inch sta-
tion; but within the accuracy of the data no consistent variation in 
the Mach number within 1 . 5 inches of the center l ine can be detected. 
With the cone mounting arrangement of figure 12) the Mach number 
distribution could be obtained at 3) 7) and 13 inches off the center 
line . This arrangement was used to trace the extension from the center 
line outward of disturbances near the 75 - inch station . In the two cases 
i nvestigated (two intensities of the disturbance as shown in figs. 18 
and 19) the disturbance is seen to decrease) as expected) from the 
center outward. Considerable scatter present in the first of these 
cone measurements was reduced (downstream of the 73 . 5 -in . station at 
7 in. off the center line) fig . 19) by improvement of the cone surface. 
These disturbances followed the Mach lines of the flow and became 
broader outward from the center line ) and because of this reason as 
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well as because of the tendency to become concentrated at the center, 
they are believed to be due not to shock waves but to gradual con-
vergence of Mach lines of compression. The Mach number distributions 
at 7 and 13 inches off the center line may be compared in figure 18 
with those calculated by the characteristics method starting from the 
experimental distribution at 1 inch off the center line. From these 
investigations) the flow appears to be more uniform elsewhere than at 
the center. 
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From these surveys and from shadowgraph observations, the flow in 
the test section appears to be fairly uniform and free of shocks, a 
conclusion which is further supported by the agreement between the 
experimental and design Mach number distributions. If greater 
uniformity of the Mach number distribution than that existing near the 
center l ine is required for any particular test) the model can be 
placed in an off-center pOSition. By the procedures hereinbefore 
described) a circular nozzle of size comparable to the 8 -foot high-speed 
tunnel supersonic nozzle for Mach number 1.2 can evidently be designed 
to produce a satisfactorily uniform supe rsonic flow. 
Effects of wall irregularities on flow uniformity.- The supersonic 
flow in the nozzle immediately after installation was not so smooth as 
desired (circular symbols) fig . 20) and a limited amount of time was 
spent in attempting to improve the flow. It was found that the flow 
deviations measured near the nozzle center line could be traced to 
irregularities in the wall shape by use of the calculated character -
istics network (fig. 3) . The use of this network for locating the 
points of origin of flow disturbances was made possible by the close 
agreement of the actual and design flows. Careful checks of the wall 
shape by means of axial-profile templates in regions where flow dis-
turbances were suspected to originate indicated small deviations from 
the design shape. These deviations usually consisted of shallow bumps 
and depressions) sometimes axisymmetrical and sometimes localized) in 
the nozzle wall. In each of several instances where wall i rregularities 
were reduced by sanding bumps and filling depressions) t he associated 
flow disturbances were observed to have decreased. Deviations of the 
actual nozzle profile from the design profile) as determined by means 
of axial-profile templates) were reduced from ±O. Oll inch to ±O.005 inch 
in a region extending from 24 inches upstream of the effective minimum 
to 96 inches downstream of the effective minimum section. Figure 20 
shows a comparison of the measured Mach number distributions axially 
along the wall and near the center line of the nozzle before and after 
reduction of the wall-profile deviations; a noticeable improvement in 
the flow is evident) especially near the center line at a station 
75 inches downstream of the eff ective minimum section where the devia-
tion from the design Mach number (1.2) was reduced to about one-half 
of the original deviation . Further improvement of the flow was con-
sidered possible by additional work on the installation accuracy) 
14 NACA RM L50A03a 
although exact agreement of actual and design flow distributions could 
not be expected because of possible error in the boundary-layer pre-
diction and because of possible periodic flow disturbances not due to 
wall irregularities . 
An indication of the relatively small bump dimensions required to 
produce severe flow disturbances was obtained by fastening a 0.030-inch-
diameter string around the nozzle wall at an axial station 30 inches 
downstream of the effective minimum section and observing its effect on 
the supersonic flow. A strong compression disturbance followed by a 
strong expansion (fig . 21L with deviations of as much as 0.13 from the 
disturbance -free flow of Mach number 1.2, was produced near the nozzle 
axis. The disturbance, which was strong near the nozzle axis, was 
observed as a weak compression and accompanying expansion at its inter-
section with the wall in the downstream part of the supersonic test 
section . (See fig. 21.) Small irregulari tie s of the nature of rough-
ness, cracks in the plaster surface, and small local discontinuities in 
slope produced no noticeable effect on the flow. Thi s behavior is 
believed to be partially due to the masking effect of the thick boundary 
layer and partially due to the random nature of these disturbances, as 
contrasted with the axially symmetrical disturbance produced by the 
string. 
Boundary -layer development .- An attempt was made by means of 
boundary -layer surveys to check the calculated displacement thicknesses 
at various positions along the nozzle wall (fig. 6). Although in some 
cases the experimentally determined values were in good agreement with 
the calculated values, in others considerable divergence occurred. 
Moreover, values of the displacement thickness obtained at the same 
time and at the same axial position but at different angular positions 
on the wall of the nozzle failed to agree among themselves. Several 
possible reasons for these divergenc~ include local accumulations of 
boundary -layer air due to lack of perfect symmetry in the pressure 
distributions, localized leaks into the tunnel upstream of the measuring 
position, and variation of stagnation temperature (assumed constant) 
through the boundary layer. An analysis of the boundary-layer velocity 
profiles obtained in this investigation is contained in reference 3. 
The success of the over -all design in producing the design Mach 
number distributions, particularly in the vicinity of the throat, 
indicates that the assumptions made in the design as to the behavior of 
the turbulent boundary layer in transonic flow and as to its effect on 
the outside flow are at least approximately correct. If the changes in 
boundary -layer displacement thickness had been neglected in the deSign, 
the nozzle would have been expected to produce a Mach number of about 1.18 
instead of 1.20. 
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OPERATIONAL CHARACTERISTICS 
Effects of Humidity and Heat Transfer 
Because the low-speed part of the tunnel was open to the atmos-
phere, care was required to prevent flow disturbances due to condensa-
tion in the high- speed, low-temperature part of the nozzle. Adverse 
condensation effects were prevented by allowing the tunnel to become 
heated, a method that was quite effective in winter when stagnation 
temperatures not above 1800 F were required but was somewhat incon-
venient in summer when the required stagnation temperatures might 
reach 2300 F . The stagnation temperature was controlled by adjusting 
the amount of air exchange through ~~ annulus around the tunnel in the 
low- speed section . 
Condensation shocks , which have been the source o~ some difficulty 
in other supersonic tunnels, could be prevented according to refer-
ence 4 by limiting supercooling to less than 540 F. In the supersonic 
nozzle herein described, however, no condensation shock could be 
detected either from pressure distributions or from shadowgraph observa-
tions, even though at times the nominal supercoolihg was allowed to 
exceed 540 F. On the other hand, fog could usually be observed in the 
nozzle. The fog was most evident in the cooler region near the wall 
where, because of the incomplete mixing of the cooling air with the 
remainder of the air in the tunnel) the temperature might be as much 
as 500 F less than that at the center. The reason for this behavior is 
believed to be that in a continuous-circuit tunnel such as the Langley 
B-foot high-speed tunnel the solid or liquid particles ) and possibly 
ions ) carried around in the air stream are sufficiently numerous to 
provide nuclei for condensat ion . Moreover) in such a large nozzle, the 
rates of temperature change are sufficiently· small to permit slow con-
densation (fog formation) on these nuclei) a possibility which is 
suggested in reference 5. The 540 F supercooling is therefore never 
even approached) so that the cataclysmic process of formation and 
growth of molecular nucle i which is responsible for the condensation 
shock cannot occur. 
The slow condensation process produces only a small effect on the 
Mach number distributions, and this effect is distributed rather than 
concentrated as in the case of the condensation shock. In order to 
invest igate this effect ) the nozzle was operated with varying humidity 
conditions . The corresponding Mach number distributions at the wall 
and near the center of the nozzle are shown in figure 22, where the 
relative humidity in the low-speed section of the tunnel is increasing 
from runs 1 to 4. The Mach number at which the estimated saturation 
temperature is reached is indicated for each case. The Mach number is 
seen to decrease with increasing condensation throughout the nozzle. 
~-~-~--
--_._--- --
16 NACA RM L50A03a 
This result was at first surprls lng because beat addition, due to the 
condensation) increases the Mach number in subsonic flow but has the 
opposite effect in supersonic flow . It must be remembered) however) 
that the amount of condensation is not uniform t hroughout the nozzle 
but is increasing with increasing Mach number ( decreasing temperature) . 
Tne amount of condensation is therefore greater at the throat than in 
any subsonic part of the nozzle ; but the Mach number at the throat 
cannot exceed unity. The mass flow is therefore reduced throughout 
the subsonic part of the nozzle . The amount of the reduction in Mach 
number at any station in t he subsonic part due to the reduction in 
mass flow exceeds the increase due t o condensation at that station 
because the condensation at the throat i s always greater . In the 
supersonic region, the Mach number s are reduced because the amount 
of condensation is everywhere grea ter than at the throat. 
Another effect between runs 1 and 4 ( fig . 22) is the movement of 
the effective throat approximately 7 inches downstream. Such an effect 
might be due to a time lag in condensation, but it is believed due to 
the influence of heat transfer on the boundary-layer development. 
Because of the decreasing stagnation temperature between runs 1 and 4, 
the relatively increasing heat transfer into the tunnel increase s the 
rate of growth of the boundary-layer displacement thickness. In the 
very sensitive region near the throat, this effect may be suffic ient 
to shift the effective throat the observed distance downstream. Such a 
shift require s less than 0 .00014 increase in the slope of the boundary-
layer displacement thickne ss . 
The flow near the center of the nozzle is influenced by condensa-
tion in the cooler reg i on near the wall. This effect is evident in 
figure 23, which shows the dependence of the Mach number in the test 
section on the temperature relative to saturation temperature. Note 
that the supercooling at the wall is much greater than that at the 
center. In spite of the fact that the design Mach number on the center 
line is the same at the 90 - inch station (B" in fig . 3) a s at the 
6o - inch station (A in fig . 3 ) the decrement due to condensation is much 
greater at the 90-inch station (fig. 23 ). Thi·s effect is due to the 
progre ss ive condensation i n the region near the walls , for the flow in 
this region affects that downstream along the Mach lines. 
Wall Interference for a Typical 
Transoni c -Airplane Model 
In order to obtain an estimate of the maximum fuselage length) for 
a typical transonic-airplane model, which could be tested free of wall 
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made of the flow pattern about a simple body of revolution located at 
the axis of symmetry in the supersonic test section. This body con-
sisted of a cone of revolution, whose angle (350 included angle) was 
identical with the nose angle of the model fuselage, followed by a 
cylindrical afterbody whose diameter (approx. 3.75 in.) was equal to 
the maximum diameter of the model. The flow calculations depended, 
for the most part, on the method of characteristics but the use of 
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some approximate theory was also necessary because of the exi stence of 
subsonic flow near the cone. The results of the calculations are shown 
in figure 24. Tests of the transonic-airplane model yielded the nozzle-
wall Mach number distribution shown in figure 24, which indicated a 
measured shock slightly upstream of the calculated nose-shock location 
at the wall. The measured shock appeared as a gradual compression 
because of the thick boundary layer at the nozzle wall. The intersec-
tion of the reflected shock and the body could not be calculated because 
of the occurrence of subsonic flow behind the shock in the region of 
intersection, but the maximum fuselage length was estimated to be about 
one tunnel radius. Consideration of the interference problem by making 
use of the free-stream Mach lines yields nonconservative results as is 
shown in figure 24. No measurements were available to determine the 
axial location of the reflected shock at the center of the tunnel 
downstream of the model fuselage. 
Effects of Flow Nonuniformities on Model Forces 
In order to obtain practical information concerning the effects 
of flow disturbances on model force measurements, a complete model of 
a transonic airplane was investigated in the supersonic test section 
when the flow disturbance at the 75-inch station on the axial center 
line produced a deviation of as much as 0 .05 from the test-section Mach 
number of 1.2 (fig. 19). The axial locat i on of this moderately strong 
flow disturbance was varied with respect to the model by changing the 
axial location of the model along the center line of the test section; 
and model forces were measured with the flow disturbance located in 
several regions near the wing and tail surfaces. The results of this 
investigation, reported separately in reference 6, indicated that at 
Mach number 1.2 no significant changes of lift, drag, and pitching-
moment coefficients for the given model were produced by flow non-
uniformities equivalent to Mach number decrements of the order of 0.05 
or less at the axis of symmetry and extending over an axial distance 
of 2 or 3 inches or 6 to 10 percent of the model length. Reference 6 
also contains experimental data which indicate that the fluctuating 
normal shock in the stream at the downstream end of the supersonic test 
section has no significant effect on model forces until it approaches 
the region of the model base and tail surfaces. 
18 NACA RM L50A03a 
Power Requirements 
The power required to operate the nozzle is shown in figure 25. 
Additional power data are included from investigations in the diffusing 
portion of a liner originally installed in the tunnel to facilitate 
testing at high subsonic speeds and from the preliminary rough wooden 
nozzle tests. The apparent scatter is due to the wide variation in 
conditions under which the data were obtained . For the p l aster nozzle 
operating at Mach number 1.2 the power given, about 12, 500 horsepower, 
is that required for maintenance of the supersonic flow in the test 
section . This value was obtained in winter; with the higher operating 
temperature required for avoiding condensation effects in summer, the 
power required for the same Mach number would be somewhat greater . In 
general , the Mach number values above 1. 2 were maintained over only 
short distances, and the power values may therefore be somewhat less 
than would be required for the production of a test region at the same 
Mach numbers . In the case of the original tunnel with subsonic liner 
and also for the rough wooden nozzles , shock waves existing in the flow 
upstream of the terminal normal shock may have affected the power 
required . Because the Mach number is in most cases not constant over 
the cross sect i on of the tunnel, the Mach number corresponding to any 
given power value may also depend on the position at which the Mach 
number is obtained, The power absorbed by the strut -and- survey tube 
was estimated not to exceed 850 horsepower. 
The estimated power required because of the normal shock termi-
nating the supersonic f low is shown in figure 25 for comparison . The 
shock power at Mach number 1.2 is still small and is only a minor part 
of the total power. With increasing Mach number, the shock-power curve 
and the course of the experimental power values tend toward convergence. 
This behavior is to be expected if the diffuser flow is not spoiled by 
the shock, beca~se with increasing Mach number the diffusion through 
the normal shock exceeds by an increasing amount the preceding expansion 
in the nozzle, so that decreasing diffusion i s required of the diffuser. 
As pointed out in reference 3, the flow did not separate behind the 
normal shock terminating the supersoni c flow with Mach number 1.2 . 
The experimental power data may be compared with nozzle -empty 
estimates made without cons ideration of dit':t'erences in tunnel geometry 
and Reynolds number from information p~esented in references 7 to 9. 
The power required to operate the 8 -foot high- speed tunnel was con-
siderably less than estimated from the fiJ:st two of these references 
(fig. 25) . The upper curve in figure 25 was computed for adiabatic 
compression from blower pressure ratios given in reference 7; a tunnel -
fan efficiency of 80 percent was assumed. The curve from reference 8 
was obtained --for test - section pressure s representative 01' those in 
the 8 -foot high - speed tunnel during operation. Reference 9, which 
became available after completion of this investigation, leads to a 
- ~ 
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power estimate in good agreement with the present experimental data 
(fig. 25) . The power estimates contained in reference 9 were based on 
diffuser -efficiency test results from a number of wind tunnels 
including a high- speed subsonic tunnel larger than the 8-foot high-
speed tunnel; in reference 9 certain reasonable a ssumptions were made 
regarding the variation of total -pressure losses with Mach number. 
CONCLUSIONS 
l. A l~rge} approximately 8 - foot-diameter 7 supersonic nozzle of 
circular cross section for Mach number 1 . 2 was made to produce a test 
region of satisfactorily uniform flow . 
2 . Considerable care, including compensation for boundary-layer 
development, was required i n the design and construction, part icularly 
in the region of the throat . 
3 . Significant improvement of the nozzle flow was achieved by 
reducing irregular surface waviness by amounts of the order of 
0.006 inch in height . 
4 . Experimental Mach number distributions in the nozzle were in 
excellent agreement with the design distributions . The flow in the 
supersonic test section was free of shocks and oi' a degree of 
uniformity satisfactory for aerodynamic testing; deviations from the 
design Mach number at the center line did not exceed 0 . 02 . 
5 . The design features leading to the supersonic test section were 
consistent with the production in the throat regi on of a subsonic test 
section of satisfactorily uniform flow for Mach numbers as great a s 0.99 . 
The length of the uniform test region was such a t any Mach number that 
with fineness ratio about 6 the size of the model that could be tested 
was limited by choking rather than by the length of the test section. 
6. Flow irregularities, which were propagated along Mach lines, 
tended to become concentrated near the axis of symmetry. 
7. Small surface irregularities of the nature of roughness, cracks 
in the plaster surfaces, and small localized discontinuities in slope 
produced no noticeable effect on the flow and were therefore concluded 
to be masked by the thick boundary layer. An axisymmetrical 0.030-inch-
diameter bump around the wall in the divergent portion of the nozzle 
produced a large disturbance corresponding to a Mach number deviation 
of 0 .13 at the axis. 
20 NACA RM L50A03a 
8 . In this large nozzle ) no evidence was found of the existence 
of a condensation shock. Slow condensation occurred and produced a 
distributed effect on the Mach numbers. 
9 . The power required for supersonic operation was in substantial 
agreement with the smallest of several estimates obtained from previ-
ously published information . 
10 . Except for the direct effects of density changes , the turbulent 
boundary layer in transonic flow behaved in essentially the same manner 
as for incompressible flow ; its effect on the outside f low was eqUiva-
lent to a displacement of the streamlines near the wall by an amount 
equal to the boundary- layer displacement thickness. 
Langley Aeronautical Laboratory 
National Advisory Committee for Aeronautics 
Langley Air Force Base, Va . 
J 
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aWal1 of tunnel diffuser. 
TABLE I 
COORDINATES FOR DIVERGENT PORTION OF THE MACH NUMBER 1 .2 NOZZLE 
Geometric Effective 
Distance downstream Geometric 
r adius , r radius, r' 
of effective radius , r 
minimum section, x (in . ) (in . ) (in . ) (in . ) 
46.2500 46.00270 56 46.8771 
46 .2543 46 .00275 58 46 .8973 
46.2574 46.0028 60 46.9153 
46.2602 46 .0029 62 46.9313 
46 .2620 46.0035 64 46 .9460 
46 .2631 46.0051 66 46.9595 
46.2669 46 .0101 68 46.971·7 
46.2741 46.0199 70 46.9828 
46 .2870 46 .0342 72 46.9928 
46 . 3054 46 .0520 74 47.0023 
46 . 3280 46 .0543 76 47.0103 
46. 3540 46.0988 78 47 .0174 
46.3827 46.1270 80 47 .0238 
46 .4142 46 .1558 82 47.0292 
46 .4470 46 .1870 84 47 .0339 
46.4810 46 .2187 86 47 .0386 
46.5157 46 .2513 88 47 .0426 
46.5507 46.2856 90 47 .0467 
46.5855 46 .3199 92 47.0502 
46. 6203 46.3512 94 47 .0535 
46.6532 46.3833 96 47.0575 
46.6860 46.4131 98 47.0615 
46.7169 46.4415 100 47 .0652 
46.7470 46.4678 105 47 .27 
46 .7758 46.4930 110 47 .53 
46.8043 46. 5200 115 47 .80 
46.8302 46.5450 120 48. 06 
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TABLE II 
COORDINATES FOR CONTRACTION CONE OR CONVERGENT PORTION OF THE 
MACH NUMBER 1.2 NOZZLE 
Distance upstream of effective Geometric radius) r 
minimum section) x (in. ) (in. ) 










20 46 .2221 
22 46.2200 
24 46 .2183 
26 46.2169 
28 46 .2160 
30 46 .2155 
32 46 .2156 
34 46.2164 
36 46.2178 




46 46 .2392 
48 46.2470 
50 46.2563 
55 46 .2865 
60 46 . 3285 
65 46.3846 
70 46.4571 




120 : 48.7657 
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Fi gure 3.- Characteristic network calculated for the supersonic expansion in the 
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L - 55208 
Figure 9.- The completed temporary plaster nozzle for Mach number 1 . 2 , as 
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Figure 14.- Mach number distributions obtained from static-pressure measurements axially along the 
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Figure 15 .- Comparison of experimental Mach number distributions axially along the wall and near the 
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FigQre 16.- Comparison of theoretical Mach number distribution axially along the nozzle center line 
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Figure 18 .- Mach number distributions obtained from pressure measurements at approximately 1 , 7, 
and 13 inches off the axial center line of the supersonic test section with a slight disturbance 
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Figure 19.- Mach number distributions obt ained from pressure measurements at approximately 1 , 3, 
and 7 inches off t he axial center line of the supersonic test section with a moderate di s turbance 
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Figure 22 .- Introduction of humidity effects in the Mach number distribution by insufficient heating of 
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Figure 23 .- Effect of supercooling on indicated Mach numbers at the wall and near the center line of the 
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Figure 24.- Calculated flow pattern about a cone of revolution with 
cylindrical afterbody and comparison of calculated and measured 










52 NACA RM L50A03a 
7 , , , / ~ , 7 7 / 7 7 ) ) ) I 7i 7 7 7 ) } I I 7 } 7 7 } I} 7 } 7 7 7 7 , 7 , / , I , } } } } , , , , 
C Subsonic liner 
-
Experimental dafa from 8- fo ot /J /gn -speed h m n e I 
Sl./bsonic liner 
o Tunnel em pfy i M at center of tL/nnel 
o Strut in c/itfuser j M at center of tLlnne l 
Rough vvCXJden noz zle and SLlbSOh/C liner 
S, ~ttruf in diftuser j M af center of fLln ne l 
v v rLlt in di(l Llser; M at tLlnnel wall 
Mach number 1.2 nozzle 
£, Nozzle em~tl..j; M CIt nozzle wall 
\1 StrLlf in cli L/ser; M at cenier of nozz Ie 
\1/ Sfrut in di L/ser; M at nozzle w all 
70 3 X /O J 1 1 I 1 1 1 I I II I I l I l 
t-- Nozz le -empty power estimates from -
' 1 I 1 1 IlL 
Reference 7-1--1\ l:::::v 60 
Reference 8-h ~ V V V L 
Reference 9-1\.......-~ ,----50 
~ L b 








v Power loss dve to r-' ..... "' ... 
-----
n orma l shoeK .i 20 
10 
I "~~- X 
h ",:~,~, "'" ~ \ 
-.G r.L hJJ. ~t: vA,Ij" 'V<j 'v.;;> : ~ ~ 






.9 1.0 1.1 1.2 1·3 1.4 1.5 /·6 1.7 
Mocn number)' M 
Figure 25 .- Power required for transonic operation of t he Langley 8 - foot 
high - spee d tunnel . 
NACA·Langley 
- I 
- J 
J 
I 
-I 
I 
I 
I 
I 
I 
I 
I 
I 
. I 
__ --.J 
